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THE ROLE OF AUTONOMY IN CLOSE PROXIMITY OPERATIONS
AROUND ASTEROID (99942) APOPHIS

Carmine Buonagura; Saptarshi Bandyopadhyay] Bonan Zhou; Benjamin J.
Hockman; Jacopo Villal Issa Nesnas! Francesco Topputo;'Steven Ardito’"

Asteroid exploration is rapidly advancing, but challenges such as environmen-
tal uncertainties, communication delays, and high costs complicate missions in
close proximity to these bodies. Autonomy offers robust solutions for real-time
decision-making and is increasingly being implemented on platforms with limited
capabilities, such as CubeSats, which allow for riskier operations due to their low
costs. This study uses the Multi-Spacecraft Concept and Autonomy Tool (MuS-
CAT) simulator to model the 6U Distributed Radar Observations of Interior Dis-
tributions (DROID) spacecraft mission near asteroid (99942) Apophis, focusing
on attitude and orbital estimation and control, while considering different orbital
distances and thrusting errors. The work identifies a one-day interval between tra-
jectory correction maneuvers as a practical limit to avoid the need for autonomy
and aims to determine when autonomy becomes necessary for efficient asteroid
missions.

INTRODUCTION

Asteroid exploration is experiencing rapid growth due to various motivations, including scien-
tific research, planetary defense, and resource exploitation.!> However, operating in the vicinity
of these small bodies presents numerous challenges. Key difficulties include environmental un-
certainties, communication delays, and high costs associated with ground-in-the-loop operations.
Uncertainties near asteroids are particularly diverse. Firstly, these bodies are not well characterized
from ground-based observations,* indeed their shape and morphology are often poorly known, as
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demonstrated by missions like Double Asteroid Redirection Test (DART),S’6 Rosetta,” and Origins,
Spectral Interpretation, Resource Identification, and Security — Regolith Explorer (OSIRIS-REx).®
Additionally, the dynamics in the proximity of minor bodies is highly nonlinear due to their irreg-
ular shapes, the non-uniform mass distribution throughout the asteroid volume, and the presence of
unpredictable perturbations such as the Solar Radiation Pressure (SRP). These uncertainties impact
the entire Guidance, Navigation, and Control (GNC) subsystem, requiring its design to be robust
against the aforementioned challenges.

Communication delays can range from a few seconds to several minutes,” depending on the small
body considered. These delays pose significant challenges, particularly in situations where real-time
decision-making and control are required. The further the spacecraft is from Earth, the longer the
communication delay, making it crucial for onboard systems to handle GNC independently during
critical operations near asteroids.

Additionally, high costs are related to maintaining an on-ground operations team that is always
available to process incoming data. This team must monitor the spacecraft status, analyze data,
and make critical adjustments in response to evolving mission conditions. The need for continuous
human oversight is extremely time-consuming, especially during complex operations near asteroids,
where readiness for any unexpected events must be ensured.

Even though previous asteroid missions have relied on regular communications between the
spacecraft and the ground operations team,'%!3 autonomy has become a significant focus in ad-
dressing these challenges, offering advantages such as adaptability and real-time decision-making,
which increase mission efficiency without waiting for instructions from Earth. These capabilities are
especially valuable in the nonlinear and highly uncertain environment near asteroids. Autonomous
systems can promptly react to unexpected events and make decisions that would be impractical to
handle from a ground station, thereby increasing the likelihood of mission success. Nonetheless, it
is essential to recognize that autonomy is not always the optimal solution. Developing and testing
these autonomous systems is complex and expensive, requiring significant time and resources to en-
sure robustness across various scenarios and unexpected situations. The integration of autonomous
algorithms also carries risks, such as the possibility of making suboptimal decisions without human
oversight. Therefore, a careful analysis of the potential benefits versus the risks and costs of im-
plementing autonomy is necessary. Additionally, autonomous algorithms are not implemented on
medium and large spacecraft due to a lack of trust in these methods and the high manufacturing
and launch costs for such satellites, which cannot perform risky operations that could jeopardize the
mission. For this reason, there is an increasing use of cost-effective platforms like CubeSats for mi-
nor body close-proximity operations. These platforms operate with limited onboard resources and
maneuvering capabilities, yet they are favored due to their reduced manufacturing costs and ease of
launch, which allow for riskier missions. An example is the Hera mission,'* which includes Cube-
Sats like Milani'> and Juventas,'® set to approach the binary asteroid (65803) Didymos in 2027.
While these platforms effectively reduce mission costs, they significantly complicate the onboard
implementation of autonomous algorithms due to their constrained resources. Therefore, identi-
fying the specific conditions under which autonomy is necessary for CubeSats in close-proximity
operations is crucial.!’

This study utilizes the Multi-Spacecraft Concept and Autonomy Tool, a mission-level multi-
subsystem simulator, to model spacecraft orbiting different trajectories around a variety of asteroids
differing in size, density, and shape. The tool enables the simulation of trajectory evolution coupled
with attitude modeling. Consequently, the choice of spacecraft and the selection of the nominal



trajectory significantly affects the simulation results. For this study, the focus is on the 6U CubeSat
designed for the DROID mission,'® !> which will operate in close proximity to asteroid (99942)
Apophis alongside a twin spacecraft to observe tidal deformations of the asteroid during its 2029
close encounter with Earth. The mission objective is to characterize (99942) Apophis internal struc-
ture through monostatic and bistatic radar measurements. In this work, the CubeSat is assumed to
follow a quasi-terminator polar orbit as its nominal trajectory. To thoroughly assess how well the
spacecraft can maintain its trajectory and attitude in the complex environment near the asteroid,
various factors are considered, including different orbital distances from the asteroid, variations in
thrusting errors, and diverse orbital control strategies.

State-of-the-art methods for attitude and orbital estimation and control are employed. Specifically,
attitude estimation is performed employing an Extended Kalman Filter (EKF) using Inertial Mea-
surement Unit (IMU), star tracker and sun sensor measurements. Attitude control is based on a
non-linear tracking control strategy and uses micro-thrusters and reaction wheels. Orbital estima-
tion is achieved using an EKF with simulated optical measurements and knowledge of landmarks
on the asteroid’s surface, while orbital control is executed through a Lambert maneuver, involving
two consecutive burns with a chemical thruster: a position and velocity phasing burn.

Most NASA missions maintain a daily cadence of ground operations, which refers to the time
interval between data downlink (from spacecraft to ground station) and command uplink (from
ground station to spacecraft). Consequently, this one-day interval has been considered the minimum
time between TCMs to avoid the need for onboard spacecraft autonomy. In this work, this one-day
time interval will be referred to as the cadence of ground operations.

This paper lays the groundwork for establishing the foundational understanding required to de-
termine the conditions under which spacecraft autonomy becomes essential. By exploring these
parameters, we aim to enhance the efficiency and success of future close-proximity asteroid mis-
sions.

Literature Survey

Autonomous GNC algorithms have been extensively studied in the literature, particularly for
challenging and uncertain environments near minor bodies. However, previous studies have often
employed a point mass model for the spacecraft, overlooking the significant influence of attitude
perturbations and control actions on its orbital dynamics. They have also not accounted for the actual
sensors and actuators present on the spacecraft, nor considered relevant disturbances on spacecraft
attitude, such as reaction wheels desaturation.

Negri® implements robust guidance and control algorithms that directly handle uncertainties dur-
ing the approach and hovering phases of asteroids (101955) Bennu and (433), avoiding the need for
extensive navigation campaigns. This work also employs the cannonball model to account for the
SRP.

In contrast, Takahashi?® simulates the approach and hovering of (101955) Bennu using autonomous
navigation and orbit control. In this study, the true SRP is simulated with a hypothetical spacecraft,
assuming that the solar panels can always face the sun. Other works, from Furfaro,?!>>? have imple-
mented nonlinear landing and hovering schemes for real-time onboard use, treating the spacecraft
as a point mass.

Various studies have also been conducted on autonomous navigation for asteroids,?*=2

different mission phases, from approach to landing.

covering



All the aforementioned works propose guidance, navigation, and control laws that can support
autonomous operations. However, they use simplified attitude models, do not model sensors and
actuators, and do not critically assess the actual need for autonomy.

French?® addresses the need for autonomy in performing bistatic radar measurements of (99942)

Apophis. The orbital control strategy in this case involves maintaining the angle between the two
spacecraft position vectors, relative to the asteroid center of mass, below 7.5 deg. This work
uses the high-fidelity simulator Mission Analysis, Operations, and Navigation Toolkit Environment
(MONTE) for spacecraft orbit determination with realistic flight-like data cut-off, representing the
time interval between data downlink and the processing of that data by the ground operations center.
However, spacecraft attitude is not modeled, and the cannonball model is used to calculate the SRP.

In this work, we aim to simulate all the spacecraft subsystems by coupling trajectory modeling
with attitude effects to assess the conditions under which autonomy becomes necessary.

Main Contributions

The primary focus of this work is the enhancement of two critical spacecraft subsystems within
MuSCAT: the navigation subsystem and the attitude determination and control subsystem. Four
state-of-the-art algorithms were implemented and integrated within the tool: attitude estimation,
attitude control, orbit determination, and orbit control. These algorithms are used to simulate the
orbital and attitude dynamics of a CubeSat around asteroid (99942) Apophis. In this work, the
spacecraft is not considered as a point mass, but its attitude dynamics is also considered, playing an
important role on trajectory modeling.

The secondary focus is spacecraft autonomy, which is the key aspect of this work. This study will
assess different spacecraft orbital distances from the asteroid, along with varying thrusting errors, to
evaluate the frequency of Trajectory Correction Maneuvers (TCM) and assess the extent to which
autonomy is needed for proximity operations around asteroids. It can be concluded that the imple-
mentation of autonomous algorithms requires extensive validation and testing. Therefore, when not
essential, spacecraft operations could be simplified by utilizing ground-based orbital control.

The main outcome of this work is the assessment of the orbital distances at which spacecraft
autonomy is not needed for asteroid (99942) Apophis, depending on the propulsion system thrusting
error and the control strategy employed to keep the spacecraft aligned with the nominal trajectory.

Paper Organization

The paper is organized as follows. In the initial part of the study, a detailed description of the prob-
lem statement is presented. Following this, the algorithms implemented in MuSCAT are thoroughly
described and the simulation setup and study results for asteroid (99942) Apophis are presented.
Finally, the study concludes with a discussion of some final considerations and future work.

PROBLEM STATEMENT

The term autonomy, according to the Jet Propulsion Laboratory (JPL) autonomy strategic plan,
is defined as:

“Making decisions and taking actions, in the presence of uncertainty, to execute the
mission and respond to internal and external changes without human intervention”



Close proximity operations near asteroids require rapid responses due to the uncertainties and non-
linearities inherently present in these challenging environments. Therefore, it is essential to deter-
mine the extent to which a spacecraft can rely on ground-based commands and when autonomy
becomes necessary, as human intervention may take too long and be incompatible with the fast
evolving dynamics.

The problem to be addressed is to determine the range of distances at which spacecraft autonomy
becomes necessary during asteroids close proximity operations in the presence of thrust errors. Au-
tonomy is considered essential when the frequency of TCMs falls below 1 per day, which is the
minimum cadence of ground operations for most NASA missions.

The following paragraphs will provide an in-depth discussion of the asteroid, spacecraft, and orbit
characteristics considered in this paper.

Asteroid Asteroid (99942) Apophis is an elongated and irregular shaped near-Earth asteroid that
will pass close to Earth on April 13, 2029.%7 This asteroid has garnered significant attention because
its close approach presents a unique opportunity for scientists to study its properties, orbit, and
potential risks for future encounters. In this work, the radar shape model of (99942) Apophis is
used for simulations.”®?° The spherical harmonics gravity model used in this work is based on
the actual model computed from Brozovic,?® which considers an equivalent radius of 221.6 m and
a gravitational constant of 3 x 10~ km?/s? assuming a constant density across its volume. Its
spin axis orientation is assumed to have a right ascension and declination of 250 deg and —75 deg,
respectively, with a rotation period of 27.38 h. Throughout the simulations, (99942) Apophis gravity
field will be modeled using spherical harmonics expansions up to the 8" order. All the relevant
asteroid properties are shown in Table 1.

Table 1: Relevant (99942) Apophis properties.

Req [m] pu[km?/s?]  Pole RA [deg] Pole Dec [deg] Pole Period [h]
2216 3x107° 250 —75 27.38

Spacecraft The spacecraft considered in this paper is the 6U CubeSat designed for the DROID
mission. The DROID CubeSat, shown in Figure 1, is 0.3 m X 0.2m X 0.1 m in volume, with a total
dry mass of 14 kg and total propellant mass of 1kg. It is equipped with 2 passive deployed solar
panels, with a total area of 0.24 m? and a reflectivity coefficient o equal to 0.6. The absence of
solar panels gimbals means that attitude control is required to orient the solar panels to face the Sun
whenever power is needed for its subsystems. The spacecraft and solar panel properties are reported
in Table 2.

Table 2: Relevant DROID 6U CubeSat properties.

msc kgl Ascuu [07]  Aspay %] o [-]
15 0.03 0.24 0.6

The CubeSat is equipped with a set of sensors and actuators: specifically, one star tracker, one
sun sensor, and one IMU are used for attitude estimation; 12 micro-thrusters and 3 reaction wheels
are employed for attitude control; and a chemical thruster is used for orbital control. Finally, a
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Figure 1: DROID 6U CubeSat

navigation camera is used for scientific observations and orbit determination. Table 3 shows all the
usefull properties of sensors, actuators, and instruments onboard the spacecraft.

Table 3: Sensors, actuators, and instruments used onboard the DROID CubeSat.

Sensors Actuators Instruments
Star tracker Micro-thruster Camera
Number 1 Number 12 Number 1
Orientation [1, 0, 0] Thrust 0.01 N Orientation [1, 0, 0]
Frequency 10 Hz Noise 107*N Frequency 20 Hz
Noise 0.012 deg Specific Impulse 50 s Field of View 50 deg
Resolution  [1024 1024] pxl
Sun sensor Reaction wheel
Number 1 Number 3
Orientation [1, 0, 0] Radius 0.0215m
Frequency 1Hz Mass 0.137 kg
Noise 0.5 deg Angular velocity 6500 RPM
IMU Chemical thruster
Number 1 Number 1
Noise 5.6 x 1072 deg/s Orientation [1, 0, 0]
Frequency 10 Hz Max thrust 1N
Biases [0.050.06 0.07] deg/s  Specific Impulse 200 s

Trajectory Minor body close-proximity operations involve different types of orbits, such as Sun-
stabilized terminator orbits (SSTO), hyperbolic trajectories, periodic orbits, retrograde equatorial
orbits, and others. The choice of the most favorable nominal trajectory depends strongly on the
characteristics of the asteroid and the operational distance of the spacecraft. To perform a broadly
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Figure 2: Nominal trajectory of DROID over 20 days of simulation.

applicable analysis, a quasi-polar terminator orbit has been assumed. This orbit has been generated
considering a central gravity field and a constant equivalent SRP acting on the spacecraft. Specif-
ically, it is assumed that the maximum area of the spacecraft, including both solar panels and the
maximum CubeSat face, is exposed to a constant Sun incidence angle of 45 deg.
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The reflectivity coefficient a has been set equal to that of the solar panels, with a value of 0.6.
The nominal trajectory has been generated considering an initial position on a plane perpendicular
to the Sun-asteroid vector and passing through the asteroid center of mass. Note that this orbit
differs from common SSTOs, which were not considered due to their lack of flexibility, as they can
only be generated under limited conditions and depend on the specific spacecraft properties. The
distance from the asteroid is varied, while the velocity at the starting point is assumed to be equal
to the Keplerian circular velocity at the given distance. Along this trajectory, the scientific goal
of the spacecraft is to capture images of the asteroid for both scientific and navigation purposes.
Consequently, the spacecraft has to point its navigation camera toward the asteroid as much as
possible.

Aeg = (1)

IMPLEMENTATION IN MUSCAT

All the results presented in this paper are generated using MuSCAT.?*3! MuSCAT is a Matlab-
based integrated platform designed for low-fidelity simulations of single or multiple spacecraft in
cruise or orbit. It simulates interactions among spacecraft subsystems with first-order accuracy. The
subsystems modeled by MuSCAT include navigation, attitude determination and control, power
management, communications, data handling, and science instruments. MuSCAT facilitates space-
craft architecture evaluation, autonomy trade studies, and end-to-end simulations of minor body
missions. Figure 3 illustrates the tool’s data flow, which is organized into two primary layers: the
Autonomous Flight Software and the Physics-based Simulation.

Autonomous Flight Software The Autonomous Flight Software layer is further divided into two
sublayers. The System-level Onboard Autonomy layer is responsible for scheduling and execut-
ing tasks, such as orbital control, power managements, and reaction wheels desaturation. The
Functional-level Onboard Autonomy layer manages all spacecraft subsystems. The functional layer
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Figure 3: Components of the Multi-Spacecraft Concept and Autonomy Tool (MuSCAT).3?

outputs observed states to the system layer, which, in turn, sends commands back to the functional
layer. In this work, the navigation and attitude determination and control subsystems were enhanced
and fully integrated.

Physics-based Simulation The Physics-based Simulation layer contains all the data and functions
needed to execute the simulation. It monitors onboard time, planetary bodies, and spacecraft sub-
systems.

In the following sections, the mathematical foundations of the algorithms implemented in MuSCAT
will be described, and the results for each algorithm will be presented based on a 20-day simulation
at an orbital distance of 5 times the radius of (99942) Apophis, without considering any thrust error.

Attitude estimation

Spacecraft attitude estimation determines the orientation of the spacecraft relative to a reference
frame. It is of paramount importance for performing scientific operations, ensuring precise navi-
gation and control, managing power, and exchanging data. Attitude estimation is carried out using
sensors such as star trackers, sun sensors, and IMU. The primary assumption made in this work is
that the spacecraft behaves as a rigid body. This implies that the spacecraft dynamics are modeled
without considering any deformations or structural vibrations that might occur.

Equations of motion The attitude of the spacecraft, described as a quaternion, is usually propa-
gated using the continuous time spacecraft kinematic equation

alt) = y=al)ete) = yaean = | @ at) @



Where w(t) is the continuous time spacecraft angular rate and q is the spacecraft attitude quaternion,
defined by a vectorial v, and a scalar s part.

q= [ﬂ 7eR? seR! (3)
— Isx3 + 0" —w™
=(q) = {S et ]; Qw) = [_ZT ﬂ 4)

where [.]* is the skew or cross-product matrix. The kinematic equation is usually coupled with the
dynamics equation to retrive the spacecraft angular rate.

Jw(t) = Jw(t) x w(t) + 7(¢) (5)

where J is the spacecraft inertia matrix, w represents the angular velocity, and 7 the external torques.
The primary issue with this dynamics equation, especially for miniaturized platforms such as Cube-
Sats, is that the angular velocity values can be extremely small, leading to numerical propagation
issues. To address this, in this work, the dynamics equation is not considered, and the IMU mea-
surements, which are typically present on spacecraft, are used in the propagation step rather than
in the update step. Since the IMU measurements directly influence the kinematic equations, it is
necessary to also estimate the constant bias arising from the IMU hardware. Consequently, the state
vector for the filter implementation is a 7-dimensional vector, comprising the quaternion vector g
and the IMU bias b.

- (38

Since angular velocity is measured discretely by the IMU, it is necessary to quantify the discrete-
time evolution of both the biases and the quaternions. While the bias drift is assumed to evolve
according to the discrete-time Equation 12, computing the discrete-time evolution of the quaternions
requires some assumptions:

* Small estimation time step Aty

* Constant angular velocity over the time step

Both assumptions are valid owing to the high update frequency of the IMU, which is considered
around 10 Hz.

Since Equation 2 is in the form &(t) = Az(t) + b, where q(t) = z(t), A = 3Q(w(t)) and
b=0.
The equation can be easily discretized, leading to

1
q(t+ At) = [I + 2Q(w(t)At)] q(t) (7)
which is equivalent to

q, = q(wip—1AtL) ® q;_q (8)



The quantity w Aty represents a small rotation 6. For this reason, the quaternion g can be repre-
sented as:
i, 00 (2]
sin g5 z
0) — 20| ~ |2 9
0= [wit] =1 ©

Combining the quaternion and bias time evolution, it is possible to write the dicrete-time, nonlinear
equation of the system:

T — [Qk} _ [Q(wm,k—lAtk) ® g1
k, p— f—

by, bp_1+ 0y } = 9(Tp—1, Wm k-1, k1) (10)

where g(y_1,wm k, 0kx—1) represents the nonlinear dynamics as a function of the state at the pre-
vious time xj_1, the measured angular velocity w,, 11, and the process noise o,_1.

Sensors In this section, the main sensors considered in this work are described and modeled.

IMU model. The measurements from the IMU provide the angular rate of the spacecraft along
its three axes. It is assumed that the gyroscope is affected only by zero-mean white Gaussian noise

and a bias modeled as a first-order random walk. The measured angular velocity of the spacecraft

at time t;, is represented as:3>34

Wik = wi + b+ 0oy, (11)

where w, , denotes the measured angular velocity, wy, is the true angular velocity of the spacecraft,
by is the bias, and o, stands for a zero-mean, Gaussian white-noise sequence with covariance ()1 j.
The walking bias is assumed to evolve following a first-order random walk:

br =br1+ oy (12)

where 0, is a zero-mean, Gaussian white-noise of covariance ()2 .
Substituting everything in Equation 11, we get the true angular velocity in terms of the gyroscope
bias and process noise.

Wi =wmk —br_1 — 0oy, — 0oy (13)
The expected value of the true angular velocity @y, is therefore given by
@p = Wik — br1 (14)

The covariance values (1 and ()2 can be computed from the considered IMU specifications as
follows.

0 _[ARWf]I [pee, 3
Lk = \/Atk 37 \/071 s
deg]? ?
Qo = [GBI‘:g} Iy = [1.07 X 10—5] I (16)
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where Aty is the IMU sampling time, ARW is the gyro Angular Random Walk, and GBI is the
Gyro Bias Instability.

Attitude sensors model. In this study, it is assumed that attitude sensors are capable of directly
measuring orientation in terms of quaternions, which are subject to measurement errors. Due to
the nature of quaternions as unit vectors, it is not feasible to simply add white Gaussian noise to
the true quaternion, as is done for IMU measurements. Therefore, to simulate the measurement
errors arising from the star tracker and sun sensor, the true quaternion is rotated by a perturbation
quaternion vector.

2%
zk:[l]éi)qk 17)
Where ® represents the quaternion multiplication, zj, is the quaternion measurement, and vy, is a
measurement noise expressed as a rotation vector with standard deviation ogr4 and ogg, for the
star tracker and the sun sensor, respectively. The rotation perturbation is assumed small such that
this measurement model is valid. The measurement covariance matrix I 4 can be defined as

Rap = 02403 (18)

The matrix can be defined equivalently for the sun sensor substituting ogr4 with ogg.
Table 4 reports all the numerical values used in simulations to model the spacecraft sensors.

Table 4: Relevant parameters for sensor modeling

ARW [deg/+/s| GBI [deg/s|] Aty [s] osra|deg] oss [deg]
2.62 x 10~° 1x1076 0.1 0.01 0.5

Prediction step of EKF The temporal evolution of the estimated state vector is given by Equation
10 without process noises:

. q W kAlg) @ qp,— . .
B = H - [‘I( e B (19)
by br—1
While the covariance matrix P can be comupted as
Paek = FaEPAEs-1FAE + QaE (20)
where the matrices Fag and Qag are’?
— ~ >< J—
Fag = efeBt where F.= [ w(t) 13} 21D
03 03

<03Atk + §05At§> I — <;03At§> Is
QAE = (22)
_ <;ag(stz> I (03Atk) I

11



Update step of EKF To correct the attitude considering the measurements coming from the sen-
sors, the residual between the estimated attitude q and the measurement zy, is computed

1 1
A 5V N 5V
A%k—zwgﬁ-—Pﬁi®qw®ﬁ—-kf}®5% (23)

where € represents the quaternion conjugate. Because both the attitude error and the measurement
noise are assumed small, second-order terms can be neglected and we can consider only the vectorial
part.

1
Az, =0q;, + Uk (24)

This quaternion representation of the attitude residual can be expressed in terms of a rotation vector
through Equation 9 to get a measurement model in the form typically used by the Kalman filter

Az, =00, +v, = HAE’k(SCCk + vg 25)

The H g j matrix can assume multiple forms depending on the sensors onboard the spacecraft. For
a single sensor

Hagr = [I3 03] (26)

while the v, depends on the noise of the sensor itself. The update step of the filter is computed as:

SAE .k = HAE 1k Pag i H, /{E,k + RAE 1 (27)
Kaek = PaesH g 5 Sati (28)
[AO
Azy = _ Abﬂ — Kap Az (29)
P = [ — Kag kHag k] Pag 1 (30)
[ [[A0k]] ABg
R sin -
U= g bao ™ | G
L COS -
by = by + Aby (32)

Figures 4, 5, and 6 show the orientation along with the covariance bounds, the bias, and the angular
velocity error profiles, over the first 90 min of the simulation. Only the initial minutes are displayed
for visualization purposes. From these figures, it can be observed that within a few seconds, the
filter accurately estimates both the spacecraft attitude and the IMU biases. Moreover, the attitude
error shown in Figure 4 consistently remains within the 30 bounds of the covariance matrix. The
increase in covariance around 1000 s is due to a slew maneuver occurring at that time, during which
no estimation is performed. The same applies to the angular velocity, which remains below 2 x 104
deg/s except during slew maneuvers.

Attitude control

The final goal of attitude control is to stabilize a spacecraft in the presence of various errors, in-
cluding uncertain physical parameters, disturbances, sensor measurement inaccuracies, and actuator
saturation.

12
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Figure 4: Attitude error profile with covariance bounds.
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Figure 5: Biases estimation error.

System attitude stabilization involves controlling the evolution of angular velocity during the at-
titude transient and achieving a desired final attitude at steady state. This can be summarized by

13
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Figure 6: Angular velocity estimation error.

specifying two conditions
HW(t)HQ < €trans Vt >0 33)

Q(t) & qsf <e€s VEST (34)

where €;-qns 1S the transient error bound, selected to ensure that the system remains within the
technological capabilities of the sensors and actuators onboard the spacecraft. While e represents
the steady-state angular error bound that the system has to keep when the final desired attitude q
is achieved after the steady-state time 7', with 7' >> 0, the value of which depends on the desired
attitude mode.

A robust nonlinear attitude tracking control law has been considered to address the previously stated
problem. The control law, thoroughly defined by Bandyopadhyay,3® computes the desired control
u. based on the desired attitude trajectory qq, and the positive-definite constant gain matrices
K, € R¥®3 and A, € R3*3,

u. = —K, (0 —wrp) (35)
where
Wy = Wak + éZ(Qk)+Ar(Qd,k —qQr) (36)
and X
Z(a) = [8135;7)1 (37)
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This robust nonlinear tracking control law guarantees globally exponential convergence of the sys-
tem attitude to the desired attitude trajectory. Table 5 shows all the relevant parameters used in
simulations.

Figure 7 shows the control, profiled, and knowledge errors for the first two days of the simulation.
The control error 6., represents the angular separation between the estimated attitude and the pro-
filed one. Peaks of 5 deg are reached because, beyond that value, a slew maneuver is performed.
The profiled error 6., is the angle between the commanded and profiled attitudes, and it can reach
a maximum value of 180 deg. Finally, the knowledge error 6y,,;, represents the angular separation
between the estimated and true attitudes. It never exceeds 0.2 deg, indicating that the attitude con-
trol is functioning correctly throughout the simulation.

The selection of the actuator to use is driven by two conditions

Octry > 11.46 deg (38)
W > 0.17 deg/s (39)

When at least one of these conditions is satisfied, micro-thrusters are employed for attitude control,
otherwise, reaction wheels are used. The only scenario in which micro-thrusters are used when
neither condition is met is when the reaction wheels saturate, specifically when they reach 80%
of their maximum velocity. Figure 8a shows the angular velocity evolution of the reaction wheels
throughout the simulation for attitude control, while Figure 8b shows the torque profile of the micro-
thrusters. It is clear that the micro-thrusters are employed only when reaction wheels saturation
occurs.

Table 5: Relevant parameters for attitude control

€trans [deg/s] €ss {deg] K., [_] Ay [_]
1 5 0.02I3 0.0113

Orbital estimation

To enable spacecraft autonomous navigation, vision-based navigation algorithms that use the
onboard camera to acquire images of the asteroid are among the most promising techniques. These
images are used to detect surface landmarks, which are N, salient surface points identified by
a mothercraft during earlier mission phases. Each landmark detected in an image can be treated
as a line-of-sight measurement, representing the direction from the spacecraft to the landmark. By
processing multiple line-of-sights simultaneously, it is possible to estimate the spacecraft trajectory.
In this work, the camera line-of-sight measurements have been simulated using a pinhole camera
model. The main assumption of this work is an ideal knowledge of the spacecraft attitude state.
There is no propagation of uncertainties and planning of measurement acquisitions, as is typically
done in ground control space missions.

Measurement model The assumption of a pinhole camera model implies that a 3D point in the
scene is perfectly projected onto the 2D camera plane, with the projection perturbed by a zero-mean
Gaussian noise v to account for error sources such as lens distortions, noise, calibration errors,
and inaccuracies in landmark position knowledge. Consequently, the position of a 3D landmark 1
relative to the asteroid center of mass is represented by its pixel location y = [u  v]7 within the
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image. This measurement is modeled as

_ (I*r)T'jc
-7k,
U_f<l—1')T ic+vo+l/u (41)
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where f is the camera focal length, uo and vy are the half-dimensions of the sensor, expressed in
units of pixels, and i 1C, Jc, and k are the unit vectors of the spacecraft body fixed frame. Among all
the landmarks, only those within the camera Field of View (FoV), not shaded by the surface of the
body (assumed to be spherical), and illuminated by sunlight, can be detected.

The measurement covariance matrix Rop can be defined as

2
Ron = '3 1) “2)

Yy

The spacecraft considered in this work has the camera normal vector aligned with the i, axis of
the spacecraft. If a different spacecraft configuration is considered, the orbital estimation equations
must be adjusted accordingly.

Dynamics The state estimation problem aims to determine the spacecraft state x in terms of po-
sition and velocity relative to the asteroid center of mass in the inertial frame.

x=[r tf=@x y 2z & y 27 (43)

wherer =[xz y 2T andi = |2 ¢ 2]7 are the spacecraft position and velocity vectors relative
to the inertial frame centered in the asteroid center of mass. The objective is to estimate the state
evolution over time as well as its associated covariance using landmark-based observations.

During asteroid close proximity operations, three main accelerations significantly impact the space-
craft dynamics, namely the asteroid gravity field, the SRP, and the control accelerations generated
by thrusters. The nonlinear spacecraft dynamics can be formulated as

I =ap+ asrp + ay (44)

where ay, asgrp, and a, are the acceleration caused by the main body, the SRP, and the control ac-
tions, respectively.

The acceleration induced by the main body is modeled using a spherical harmonics expansion up to
the 8™ order. The spacecraft position and velocity are propagated using the ode113 MATLAB in-
tegrator, and every A, if a measurement is available, the state is corrected. During propagation,
the state transition matrix ® is also updated. This matrix maps the evolution of the initial state error
and is used for propagating the covariance matrix.

The state covariance matrix Qop,x is also defined as

At3 At2
e k I3
Qop ) = o2 (45)
v %Ig Atk

where o, represent the standard deviation for random unmodeled accelerations. The covariance
matrix is then computed as

Pop i = ®.Pop x-19} + Qop.k (46)
When landmark measurements are available, they are processed individually and the H matrix is
evaluated. .
du
Hop = [ o 00 0] )
5% 000
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where

or [(1—r)Tic]?
v kel )T 5[0 1) )
or [(1—1)Ti]?
The residual between the estimated and the measured pixel location is computed
Ayr =Yr — Yk (50)
Finally, the update step of the filter is computed as:
Sop,k = HOD,kPOD,ngD,k + Ropk (1)
Kopi = POD,ngD7kSSé7k (52)
:BZ_ = :B,; + KOD,kAyk (53)
Pgp.e = [Is = Kop k- Hop k) Pop ,[Is — Kop xHop k]" + Kob.kRop x Kop (54)

In Table 6, all the relevant parameters for orbit determination are reported.

Figures 9 and 10 show the position and velocity estimation error profiles, along with the covari-
ance bounds throughout the whole simulation. It can be observed the filter accurately estimates
both position and velocity, wheres errors consistently remain within the 30 bounds of the covari-
ance matrix. The increase in covariance is due to the fact that the spacecraft is not pointing towards
the asteroid, and consequently it is not able to acquire images of it and perform orbit determination.

Table 6: Relevant parameters for orbit determination

f [px]] FOV [deg] [ug,vo] [px]] o, [pxl] o [km/s?] Atpmer [s] Nk [—]
1.1 x 103 50 [512,512] 025  1x 10" 600 20

Synthetic image generation To enhance the orbit determination pipeline, an algorithm for the
synthetic generation of realistic images of minor bodies has also been integrated into MuSCAT.
This capability is highly valuable for future applications involving more sophisticated software-
in-the-loop, vision-based methods for autonomous orbit determination. In this work, the optical
measurements are simulated, bypassing the image processing step that is inherently embedded in an
optical navigation pipeline.

The starting point for image generation is a high-resolution, three-dimensional model of the aster-
oid. Most models available online are generated through light-curve analysis; therefore, they lack
morphological features such as surface roughness and boulders. These features are procedurally
generated on the surface of the body. First, Fractional Brownian Motion (FBM) noise is used to
perturb the vertices of the mesh along their normals. Multiple layers (or octaves) of noise are gen-
erated at various scales to create a fractal-like surface typical of rocky terrains.

Next, a library of rocks is generated. The base shape of each rock is an icosahedron® whose tri-
angular mesh is refined recursively. These basic shapes are then perturbed using a combination
of ellipsoidal deformations, which randomly stretch and compress the original boulders, and FBM

*A polyhedron with 20 equilateral triangular faces
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Figure 10: Velocity error profile with covariance bounds.

noise. This approach allows for the creation of randomized and realistic rock shapes. The next
step involves placing the boulders on the mesh surface. The rocks are first randomly rotated to en-

19



sure that each rock appears unique in orientation and then placed on eligible mesh facets, avoiding
overlapping and unnatural placements. Each boulder is assigned a different base color to allow the
asteroid albedo to vary.

Once the final mesh is built, the lighting conditions of each facet are computed based on the Sun
direction (assumed to be collimated light at infinity) and the observer position. The Hapke shading
model is then employed to recreate realistic lighting conditions. In Figure 11, three synthetic images
generated in MuSCAT are shown.

(b) (©)

Figure 11: Images synthetically generated in MuSCAT. From left to right, images taken at
2dsc-sB (a),5.5 dsc—gp (b), and 9 dsc—gB (¢).

Orbital control

Lambert’s problem involves determining the orbit of a body that moves from one position to
another in a specified time interval. Given two position vectors r; and ro at times ¢; and ¢o, re-
spectively, along with the time of flight Atpopr = to — t1, the goal is to find the initial and final
velocity vectors v; and vy that allow the body to move from r; to r9 in the given time. The tradi-
tional Lambert problem is solved when the body is under the influence of a central gravitational field
governed by the two-body equations of motion. In case of close proximity operations to asteroids,
this assumption fails as the gravitational field is highly non-linear and strong perturbations such as
the SRP are present.

When some prescribed thresholds are exceeded, in this case the distance from the nominal tra-
jectory, the on-board computer promptly triggers a TCM. The first step is to compute the position
r1 where the spacecraft needs to execute the position control burn. This position is determined by
propagating the trajectory for 200 s, which is the maximum time (with a margin) needed for the
spacecraft to adjust from its current attitude to the desired one (chemical thruster aligned with the
Avq direction). The final desired position on the nominal trajectory, ro, is computed by considering
the position on the nominal trajectory at a prescribed time interval Atpops from £1. In this work,
it is assumed that the separation between the position and velocity control burns is set to a constant
value. Once the times and positions are determined, the Lambert-Battin algorithm®’ is employed to
compute the control maneuvers Av; and Ave, which are then translated into an impulse from the
onboard chemical thruster. The desired thrust 7" is computed using the following equation

(AV - AV('axecutcd)Tn
Atsim

T = (55)
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where m is the spacecraft mass, AVexecueq 18 the already executed maneuver, and Atgp, is the
simulation time step. The term A Vixecuted, initially set to 0, is introduced because it can be possible
that the thrust needed in the simulation time step exceeds the maximum thrust capability of the
CubeSat. In such cases, the maneuver is spreaded over time until AV — AVixecuted 0€S t0 zero.
Note also that the minimum allowable thrust is set to 0, meaning that even the smallest maneuver
can be achieved by the thruster.

The simplified equations of motion for achieving orbital control are described by

. r
r = _Mﬁ + aper[, (56)

and are numerically propagated using the ode113 MATLAB integrator. This control does not ac-
count for uncertainties in the gravitational field; instead, it assumes a point mass model, resulting in
a control that is not ideal due to the difference between the true and the modeled dynamics.

Figure 12a shows the desired, true, and estimated distances from (99942) Apophis. The three curves
nearly overlap perfectly, indicating that both orbital determination and control are functioning cor-
rectly. The oscillation in the orbital distance is caused by the SRP, which perturbs the spacecraft
trajectory. Figure 12b shows the thrust profile evolution throughout the simulation. The thrust ex-

ceeds 0.2 N in the initial steps due to the spacecraft initial dispersion, but it then stabilizes with
TCMs below 0.1 N.
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Figure 12: Desired, true, and estimated distance from the asteroid (a) and true and estimated thrust
profile (b) throughout the simulation.

SIMULATION RESULTS
Simulation Setup

The orbital simulation of the CubeSat around (99942) Apophis is conducted using the MuSCAT
simulator, with a comprehensive setup to assess its performance over a 20-day period starting from
February 1% 2029. The simulation utilized a time step of 20 seconds to capture the spacecraft orbital
dynamics, with attitude estimation being performed at a more granular interval of 0.1 seconds,
corresponding to the IMU update frequency. This high-resolution attitude estimation and control
are carried out continuously, with the exception of periods when the spacecraft is undergoing a slew
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maneuver.

Orbital determination is conducted every 10 minutes, contingent upon the asteroid being within the
camera FoV. The orbital control system is designed to operate flexibly, with adjustments being made
throughout the orbit as needed. Specifically, control actions are triggered when the percentage error
in the spacecraft position relative to the nominal trajectory exceeds a certain percentage 7 of the
orbital distance. For this work, values of 3% and 10% were considered.

|[r*(tx) — T(tx)|l2 > n dsc—sB (57)

where r* and 1 are the desired and estimated position, respectively. Figure 13 shows the evolution
of the CubeSat’s distance from the nominal trajectory. In this example, when the error exceeds 3%
of the spacecraft-small body distance, orbital control is performed to bring the CubeSat as close as
possible to the nominal trajectory.
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Figure 13: Orbital distance from the nominal trajectory.

This strategy allows for precise corrections and adherence to the planned trajectory. Additionally,
the time interval between position and velocity control burns is fixed at 2 hours.
To thoroughly assess the CubeSat performance under various conditions, the simulation incorpo-
rates a range of thrust errors and orbital distances, with thrust errors, added to the thrust magnitude
as zero-mean white Gaussian noises, defined as:

er € {0, le — 4, le — 3} N (58)

and orbital distances ranging from 2 to 9 small body radii, with a sampling rate of half a body radius,
resulting in 15 different distances.

dsc—sp € {2, 2.5, 3,35, ...8, 85,9} x Rgp (59)

The spacecraft initial attitude is assumed to be ideal, pointing towards the small body. However, an
initial dispersion is considered for the position and velocity. Specifically, the position and velocity
are perturbed with zero-mean Gaussian noise, where the position noise has a standard deviation
of 0,9 and the velocity noise has a standard deviation of o,¢. For this work, o, is set to 10% of
dsc—_sB, and g, is set to 1 x 10*61)6‘, where v represents the initial desired velocity.

Due to the high number of noise sources in the simulation environment, different runs may yield
varying results. To account for this variability, a Monte Carlo analysis is conducted using 10 differ-
ent randomly generated seeds. Specifically, simulations are performed on the JPL high-performance
computer Gattaca, which supports parallel computing and thus reduces overall computational time.
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Results

The simulation results for the average time between TCMs, ATy, , for the 3% and 10% control
actions are shown in Figures 14a and 15a. Several key observations can be made from these results.

First, it can be noted that a thrust error up to 1 x 10~ has a negligible impact on orbital evolution.
The trajectory closely follows that of the zero-error case, especially as the orbital distance increases.
Specifically, for the 3% case, the trajectories overlap at 5dsc_sp, while they are always coincident
for the 10% case. As expected, the frequency of TCMs increases with higher thrust errors.

The temporal separation between maneuvers does not exhibit a clear increasing or decreasing
trend, indeed, for the zero-error and 1 x 10~ error cases, there is a peak in temporal separation
around 3.5dgc—gp for the 3% case. This peak can be explained by the changing dominance of dif-
ferent accelerations as the spacecraft moves away from the body. Near the asteroid, its gravitational
influence is the predominant force, but as the spacecraft moves further away, SRP becomes increas-
ingly significant, causing the orbits to deviate from standard Keplerian trajectories. Simultaneously,
the spacecraft moves slowly along its orbit, leading to reduced error accumulation. The interplay
between the body’s gravity, SRP, and error accumulation leads to this observed behavior. For the
10% case, the peak shifts to the right and spreads out, with the covariance appearing more dispersed
compared to the 3% case.

In contrast, for both cases, the 1 x 10~3 thrust error case scenario shows a monotonically increas-
ing trend in the temporal separation between maneuvers as the orbital distance increases. This is
because the larger thrust error plays a dominant role in causing the spacecraft to deviate from its
nominal trajectory. Unlike the lower thrust error cases, where body gravity and SRP significantly
influence orbital evolution, in this scenario, these accelerations have a less significant impact, as it
is the thrust error that causes rapid divergence from the nominal path.

Regarding the overall mission AV, as shown in Figures 14b and 15b, two conclusions can be
drawn. First, the thrust error does not significantly affect the overall mission cost, as the three
curves nearly overlap. Second, the AV value increases monotonically with distance. This behavior
is expected since the initial dispersion is a function of the spacecraft’s orbital distance. Therefore,
the first maneuver plays a crucial role in the overall AV consumption of the mission.

It is evident that, in the 3% case, all curves with 30 bounds remain below the 24-hour threshold,
indicating that, regardless of distance or thrust error, this control strategy consistently requires au-
tonomy. Under these conditions, the spacecraft remains extremely close to the nominal trajectory.
Notably, in the 2dgc—gp case, the temporal separation between TCMs is nearly zero. This scenario
prevents the spacecraft from pointing towards the asteroid, which disrupts the landmark tracking
orbit determination method by cutting off measurements, ultimately leading to mission failure and
the spacecraft crashing into the small body. Consequently, for the 3% case, the remaining figures
will not include the 2dsc_ s orbital distance.

The overall AV cost of the mission, as shown in Figure 14b, is around 0.005 m/s near the small
body and increases up to 0.02 m/s at 9dsc—_sB.

Figures 15a and 15b show the results for the 10% control case. Apart from the general observa-
tions already discussed, additional insights can be made. In this case, for thrust errors lower than
1x 1073, the frequency of TCMs is always above 24 hours, indicating that autonomy is not required.
Additionally, the 2dgc_ g p case functions accurately since the spacecraft has more time to slew and
point towards the asteroid before exceeding the 10% error. The peak around 3.5dsc—sp, in the 3%
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Figure 14: Frequency of TCMs and overall cost of the mission around asteroid (99942) Apophis at
different distances and thrust errors for the 3% orbital control scenario.

case, broadens and can be explained by the fact that the spacecraft has more time to dynamically
evolve, while the SRP does not yet significantly influence the orbit.

A significant difference from the 3% case is observed in the AV cost. The overall mission cost
increases because the maximum distance of the spacecraft from the nominal trajectory is greater,
necessitating stronger orbital control actions to correct its path. Specifically, the minimum mission
cost is approximately 0.02 m/s, while the maximum reaches 0.06 m/s.
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Figure 15: Frequency of TCMs and overall cost of the mission around asteroid (99942) Apophis at
different distances and thrust errors for the 10% orbital control scenario.

Figures 16a and 16b show the frequency of reaction wheel desaturations. For both control strate-
gies, the temporal distance between desaturations is around 9 — 10 d, with a decreasing trend as the
distance increases. The main observation from these plots is that the covariance for the 3% case is
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more spread out compared to the 10% case. This behavior can be explained by the fact that in the
3% case, the spacecraft is slewing more frequently, leading to a higher accumulation of errors.
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Figure 16: Average frequency of reaction wheels desaturation around asteroid (99942) Apophis,
with 30 bounds at different distances and thrust errors.

CONCLUSIONS

Asteroid missions using resource-limited platforms like CubeSats are becoming increasingly pop-
ular. The environment near these objects is extremely challenging, requiring rapid response from the
spacecraft. As a result, communication with Earth may not be feasible during close proximity oper-
ations, creating the need for autonomous algorithms. This study addresses the problem of autonomy,
aiming to determine the extent to which autonomy is required for asteroid close proximity opera-
tions. The case study assumes a 6U CubeSat from the DROID mission orbiting asteroid (99942)
Apophis in a quasi-terminator polar orbit at different distances and with varying thrust errors. Four
state-of-the-art algorithms for attitude and orbit estimation and control were implemented and in-
tegrated into MuSCAT, a tool enabling the coupling of trajectory evolution with attitude modeling.
The torque resulting from reaction wheel desaturation was also considered, with desaturation fre-
quency shown as a function of thrust error and distance. It was found that the desaturation frequency
occurs within a certain range of days, with a slight increase as the distance from the asteroid grows.
Monte Carlo simulations were run considering two different orbital control strategies: one where
the spacecraft can deviate up to 3% from the nominal trajectory before control, and another with
a 10% deviation threshold. The results demonstrated that in the 3% case, spacecraft autonomy is
required regardless of the distance and thrust error. In contrast, for the 10% case, the mission could
be accomplished without autonomy, relying solely on communications with the ground operations
team for lower thrust errors.

The results presented here open up several avenues for future research. Firstly, instantaneous
position estimation of the spacecraft is assumed, but this is not the case in real missions, where the
estimated orbit is propagated, and future control actions are planned accordingly.

In the current study, all data are assumed to reach Earth instantaneously; therefore, the data cut-off
must be accurately modeled.
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Lastly, the measurements in the orbit determination pipeline are simulated. An innovative image
processing algorithm should be integrated and tested to evaluate performance when the target body
is not perfectly known, and landmarks need to be extracted from images.
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